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SUMMARY 
The results from several three-dimensional surface panel 
methods coupled on a streamwise strip basis to two-dimensional 
boundary-layer methods have been compared to experimental data. 
Several different boundary-layer simUlations were investigated; the 
results indicated that either a transpiration or camber-line 
displacement simUlation gave comparable boundary-layer effects 
which converged to the expected two-dimensional result with 
increasing aspect ratio. The method was applied to several varied 
configurations for which, in general, the lift predictions agreed 
well with an approximate method based on correcting the inviscid 
lift using the two-dimensional section viscous characteristics. 
The wing pressures and the effect of the boundary layer on the wing 
pressures were predicted with reasonable accuracy. 
INTRODUCTION 
At subsonic speeds, surface panel methods applicable to 
general configurations have been developed to evaluate the inviscid 
aerodynamic characteristics. Three-dimensional boundary-layer 
methods for general configurations have been developed but are in 
an early stage of development as compared to two-dimensional 
boundary-layer methods. Two-dimensional methods have been used 
extensively and require only a fraction of the computing times of 
the three-dimensional methods. As an initial evaluation of viscous 
effects on moderately high aspect-ratio wings, two-dimensional 
boundary-layer methods applied along streamwise strips can provide 
an estimate of the boundary-layer characteristics. Such methods 
have been developed and applied such as in references 1 to 3. 
There are several different ways to simUlate the boundary 
layer with an inviscid-flow model, including the two most common 
which are: (1) displacement of the inviscid surface based on the 
boundary-layer displacement thickness and (2) specification of non-
zero normal velocities on the inviscid surface. The simUlations 
are based on modeling the outflow at the edge of the boundary layer 
in the inviscid-flow solution. Both approaches are equivalent 
theoretically, but the second simUlation is recognized as the most 
efficient computationally since the geometry remains unchangeq, 
especially if considering iteration between the inviscid and 
boundary-layer solutions in three dimensions. However, quite dif-
ferent boundary-layer effects between the various simulations have 
been reported in the literature by previous investigators (refs. 1 
to 3). 
The purpose of this investigation is to compare the alternate 
methods of boundary-layer simulation so that these differences can 
be understood. Also, several inviscid panel methods coupled on a 
streamwise strip basis to two-dimensional boundary-layer methods 
are applied to several configurations to assess the prediction 
accuracy and sensitivities of such an approach. 
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SYMBOLS 
planform aspect ratio, b2/S 
wing span, m 
chord, m 
mean aerodynamic chord, m 
section lift coefficient based on local chord, 
Section lift/q~c 
section lift-curve slope, (acl/aa), per deg 
total lift coefficient based on wing planform area, 
Total lift/q S 
~ 
total lift-curve slope, (acL/aa), per deg 
total pitching-moment coefficient based on wing planform 
area and mean aerodynamic chord, Total pitching moment/ 
q~Sc 
pressure coefficient, (p - p~)/q~ 
section lift-loss ratio, two-dimensional boundary-layer 
lift incremen~ divided by the two-dimensional inviscid 
lift, (cl,P - cl,v)/cl,P 
total lift-loss ratio, three-dimensional boundary-layer 
lift increment divided by the three-dimensional inviscid 
lift, (CL,p - CL,v)/CL,p 
approximate total lift-loss ratio (k3a = k2 CL /Cn ) 
a Na 
Mach number 
pressure, Pa 
dynamic pressure, Pa 
Reynolds number based on mean aerodynamic chord 
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u 
x/c 
xMC 
z/c 
a 
0* 
r 
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X 
A 
surface distance in the streamwise direction, m or wing 
planform area, m2 
inviscid velocity magnitude, m/sec 
inviscid velocity magnitude normal to the surface (VN = 0 
in inviscid flow; VN = a(Uo*)/as using transpiration 
simulation) 
longitudinal location,i fraction of chord 
longitudinal moment center location, fraction of mean 
aerodynamic chord 
airfoil coordinate perpendicular to chord line, fraction 
of chord 
angle of attack, deg 
boundary-layer displacement thickness, m 
planform dihedral angle, deg 
spanwise location, fractio~ of semispan 
planform taper ratio 
planform sweep angle, deg 
Subscripts: 
cf4 
exp 
p 
root 
v 
00 
Notation: 
quarter chord 
experimental 
inviscid result 
root chord 
viscous result, obtain~d either from experimental data or 
from inviscid method plus strip boundary-layer simulation 
free-stream conditions 
BL boundary layer 
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DISCUSSION 
Approximate Effect of Strip Boundary Layer 
Before discussing the results comparing various boundary-layer 
simulations, it is useful to estimate the effect of a streamwise 
strip boundary-layer simulation on the lift of a three-dimensional 
wing. The effect of the boundary layer is generally to reduce the 
lift. A parameter used below to quantify that effect is the 
boundary-layer lift-loss ratio (k2 in two dimensions and k3 in 
three dimensions) which is the loss in lift coefficient attributed 
to the boundary layer divided by the inviscid lift coefficient. 
The k2 and k3 expressions are: 
cLp cl.v 
cl,P k3 = 
The cf,p or CL,p values are obtained from an inviscld solution, 
and the cl v or CL v values are obtained either from experimen-, , 
tal data or from an inviscid solution with a boundary-layer simula-
tion. 
The strip boundary-layer assumption should be valid only for 
wings of moderately high aspect ratio and relatively low sweep and 
taper. For such wings, the local Reynolds number is roughly 
constant across the span. Also, the chordwise pressure distribution 
at any span station is similar to that on the two-dimensional sec-
tion if comparisons are made at the same section lift coefficient. 
The inputs to twodimensional boundary-layer methods consist pri-
marily of Reynolds number and a pressure coefficient versus arc 
length distribution, so that the computed three-dimensional section 
boundary-layer characteristics would be very similar to those of 
the two-dimensional section, corresponding to the same section lift 
coefficient. 
The effect of the boundary layer on the two-dimensional invis-
cid flow can be treated as a local uncambering effect which is a 
function of the section inviscid lift. On a three-dimensional 
wing, the two-dimensional effect of the camber change is modified 
by the finite wing such that the two-dimensional lift change is 
reduced roughly as the ratio of the three-dimensional to the two-
dimensional lift-curve slope. 
Under the assumption of a constant section lift coefficient 
spanwise, the total lift-loss ratio, k3, can be given as a function 
of the two-dimensional section lift-loss ratio, k2. The resulting 
approximate value of the total lift-loss ratio is denoted k3a and 
is given as 
4 
Thus, the total lift-loss ratio using the strip boundary-layer 
assumption should generally be less than the corresponding section 
lift-loss ratio and should converge to the section lift-loss ratio 
as the aspect ratio is increased. For experimental total lift-loss 
ratios in excess of the section lift-loss ratio, it is presumed 
that the assumptions of a strip boundary-layer representation are 
not valid for the experimental test conditions. 
General Comparisons of Boundary-Layer Simulations 
For two-dimensional airfoil analyses, there are a large number 
of computer programs available which simulate the boundary layer 
with an inviscid-flow model. At least three different simulations 
have been used including: (1) displacement of the inviscid surface 
a distance * normal to the surface; (2) specification of nonzero 
normal velocities on the inviscid surface (transpiration); and (3) 
displacement of the inviscid camber line only based on the * 
distribution. In two-dimensional applications, all of the 
approaches have given results in agreement with" each other and with 
experimental data. 
In three-dimensional applications, several different results 
have been reported in the literature (refs. 1 to 3) as described 
below. In reference 1, a finite-difference method for two-
dimensional boundary-layer analyses was coupled to a three-
dimensional potential-flow analysis method developed previously 
(ref. 5). Both a transpiration and surface displacement method of 
simulation were used with the result that the surface displacement 
simulation agreed best with the experimental data and produced a 
much higher lift loss than the transpiration simulation. The 
investigators of reference 2 coupled an integral method for infi-
nite swept-wing boundary layer analyses to a potential-flow method 
similar to that of reference 5 except for a slightly different 
Kutta condition. Only the transpiration method of simulation was 
used, and results were obtained similar to those of reference 1 
using transpiration. The investigators of reference 3 coupled an 
integral method for two-dimensional boundary-layer analyses to the 
potential-flow analysis method of reference 5. They used a 
transpiration simulation, but obtained boundary-layer lift losses 
much greater than the transpiration simUlations of either reference 
I or 2. For a 45 0 swept-wing test case analyzed previously in both 
references 1 and 2, the investigators of reference 3 obtained 
results which agreed very well with the experimental data and the 
surface displacement simUlation of reference 1. Reference 3 thus 
supposedly proved the equivalence of the transpiration and surface 
displacement simUlations but offered no explanation for the poor 
results using transpiration obtained in references I and 2. These 
different results led to the present investigation. 
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A computer progrrun was coded which coupled the integral method 
for two-dimensional boundary-layer analyses used in reference 4 to 
either the potential-flow panel method of reference 5 or the more 
recently developed method of reference 6. The purpose was to check 
the results in references 1 to 3, that is, the boundary-layer 
characteristics and the implementation of the first two simulations 
mentioned above. Comparisons were made with results from the com-
puter program of reference 1. The computed boundary-layer charac-
teristics from reference 1 were checked with calculations using the 
method of reference 4 and were found to be very similar. The 
general results of applying the various simulations to several test 
cases are discussed below and are followed by specific results for 
a 45 0 swept-wing case analyzed in references 1 to 3. 
Simulation of the boundary layer using transpiration with 
either of the panel methods of reference 5 or 6 gave similar 
results to the transpiration simulations of references 1 and 2. 
The predicted lift-loss ratios were in good agreement with the 
expected approximate result given above and agreed with a simula-
tion based on crunber-line-only displacement. Simulation of the 
boundary layer using surface displacement in the panel method of 
reference 5 gave results similar to the surface displacement simu-
lation of reference 1 as expected; however, the predicted lift 
losses were much higher than the expected approximate result using 
the two-dimensional section characteristics. 
The difference in airfoil shape between the surface displace-
ment and crunber-line displacement simulations used above consists 
of a thickness distribution equal to the average of the upper and 
lower surface displacement thicknesses; the effect of such a sym-
metrical thickness contribution on the lift should be small. Since 
the inviscid method of reference 5 has been used successfully for a 
number of years in analyzing airfoils of zero trailing-edge thick-
ness a possible cause of the conflicting results is that the 
inviscid-flow model used in reference 5 does not account consistent-
ly for an airfoil with a finite thickness trailing edge. Such an 
airfoil always occurs when using the surface displacement simula-
tion as the upper and lower surfaces are moved normal to the sur-
face a distance equal to the upper and lower displacement thick-
nesses, respectively. A series of two-dimensional cases, some of 
which are shown below, were analyzed to investigate this possibility. 
Many airfoils, such as the NACA 4-digit series of airfoils, as 
defined have finite thickness trailing edges. Inviscid incompress-
ible section lift calculations at a = 50 using the panel method 
(low order source) corresponding to that in reference 5 are shown 
in table 1 for the NACA 0012 airfoil. Results are also shown' for a 
thinned version of that airfoil obtained by removing the trailing-
edge thickness linearly as a function of x/c (thus leaving the 
crunber line unchanged). Comparison calculations are also shown for 
the higher order source panel method of reference 7 and from the 
finite difference method of reference 8. The panel method results 
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for the thinned version of the airfoil agree very closely with the 
finite difference result. The finite difference method predicts 
almost identical lift for the airfoil as defined and the thinned 
version as expected. However, both panel method results for the 
airfoil as defined are low; the two panel methods also seem to be 
converging to different values of section lift coefficient. 
The NASA LS(I)-0417 airfoil section (formerly the GA(W)-l) as 
defined in reference 9 has a cusped, finite thickness trailing 
edge. Inviscid incompressible section lift calculations at a = 00 
are shown in table 2 for the airfoil as defined and a thinned 
version with the trailing-edge thickness removed as above. The 
panel method results for the thinned airfoil agree reasonably well 
with the finite difference result, but again, both panel method 
results for the airfoil as defined are low. The input coordinates 
used in the analyses are those given in reference 9; the panel 
method results could be improved slightly by distributing the 
points in a more optimum fashion, especially near the trailing 
edge, but it is believed such a modification would not improve the 
finite-thickness trailing edge results significantly. 
A particular case in which the three-dimensional lift loss 
using surface displacement was much greater than expected was a 
high-aspect-ratio rectangular wing of NACA 0012 section. Two-
dimensional comparisons of the different simulations are discussed 
below. 
In order to compare the different simulations more directly, a 
thinned version of the NACA 0012 airfoil was analyzed using the 
computer program of reference 4 at a RN of 3.0 million and a = 50. 
The predicted inviscid lift coefficient is cl p = 0.604; the lift 
coefficient after multiple iterations between'the inviscid and 
boundary-layer solutions is ci v = 0.559. The lift coefficient 
after a single iteration is cg'v = 0.545. Note, most of the effect 
of the boundary layer is obtal~ed after a single iteration as is 
assumed in reference 1. The defining airfoil coordinates, inviscid 
velocities, displacement thicknesses as computed on the first 
iteration from the inviscid velocities, and normal velocities 
corresponding to a transpiration simulation are given in table 3. 
Given in table 4 are the airfoil coordinates corresponding to 
surface-displacement and camber-line displacement simulations and 
which were generated using the information in table 3. Results 
from using the three simulations in the panel methods of references 
5 and 7 are shown in table 5. Displacement simulation results 
using the finite difference method are also shown. All of the 
simulations predict section lift-loSs ratios in the range of 0.07-
0.12 except for the surface-displacement simulation using the panel 
method of reference 5. Note that for this case, the surface-
displacement simulation using the higher order source panel method 
appears reasonable, but the results in tables I and 2 indicate that 
this may not always be the case. 
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For results using the panel methods of references 5 and 7, no 
special handling of the trailing edge was done--the .gap between the 
upper and lower surface trailing edges was left unpaneled. An 
inviscid-flow model of the finite-thickness trailing edge, such as 
the model in reference 10 which simUlates a separated-base type of 
flow, seems to be required for consistent results. The unpaneled 
gap at the trailing edge is believed to be the source of the incon-
sistent results using surface-displacement reported in reference 1. 
In three-dimensional applications, the only viable simUlation choice 
at present seems to be the transpiration simUlation. Results per-
taining to the conflicting results obtained using that simUlation 
for a particular test case are discussed in the next section. 
Results for a Particular Test Case 
Several previous investigators have compared three-dimensional 
inviscid analyses coupled with strip boundary-layer methods for a 
semispan wing tested by Kolbe and Bolz (ref. 11) at a RN of 18 x 10 6 • 
The wing had a quarter-chord sweep of 45 0 and an aspect ratio of 3.0. 
The high sweep and low aspect ratio of this wing are not consistent 
with the assumptions inherent in a strip boundary-layer calculation; 
therefore, some of the excellent results in the literature are 
somewhat surprising. 
The lift coefficient predictions from references 1 to 3 are 
presented in table 6 along with computed results from the present 
study. The results presented all assume no boundary-layer represen-
tation in the wake since the effect on the resulting lift is pre-
sumed to be small. The boundary layers are iterated with the invis-
cid solution until convergence in references 2 and 3 as opposed to 
a single iteration in reference 1 and the check program coded for 
the present investigation. Continued iteration can, in general, 
affect the results, but for this particular wing, the differences 
between a single and multiple iteration were checked and found to 
be small. (The lift loss ratio with iteration was approximately 
80 percent of that computed using only a single iteration.) 
As seen in table 6, there are some differences in the inviscid 
lift calculations arising from differences in the potential-flow 
panel methods. The panel representation and results from a conver-
gence study in reference 12 are shown in figure 1 and indicate that 
the converged inviscid lift coefficient at a = 8.23° is CL = 0.43. 
The potential-flow panel method of reference 6 is closest to the 
converged inviscid lift coefficient while the panel methods of 
references 2 and 5 are about 6 percent high for the panel density 
shown in figure 1 (which is typical of the densities used in refs. 
1 to 3). 
Considering the boundary-layer lift-loss ratios shown in table 
6, the camber-line displacement simUlation and all but one of the 
transpiration simUlations agree with the approximate lift loss 
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ratio, k3a, of about 2 percent. The surface-displacement simulation 
using the potential-flow method of reference 1 agrees best with the 
experimental data but predicts an unrealistically high total lift-
loss ratio of approximately 12 percent which is presumed to be 
attributed to the inconsistencies in the low order source modeling 
of a finite-thickness trailing edge. The transpiration method of 
reference 3 also gives an unrealistically high total lift-loss 
ratio although the paper describes no significant difference from 
the methods used in references 1 and 2 and the program coded for the 
present investigation. Note that the good agreement of these two 
results with the experimental data is fortuitous and relies on a 
cancellation of errors (both the initial inviscid-lift calculation 
and the computed lift-loss ratio are too high). Using the con-
verged inviscid-lift coefficient of 0.43 and a strip boundary-layer 
lift-loss ratio of 2 percent results in a lift coefficient of 0.42 
which is only slightly higher than the experimental lift coefficient 
of 0.41. The remaining difference is attributed at present to the 
three-dimensional boundary layer that actually exists on this swept 
wing instead of the two-dimensional boundary layer assumed. 
Comparisons With Experiment 
As part of an effort to determine the accuracy with which 
inviscid panel methods coupled with 'strip boundary-layer simula-
tions can represent experimental results, several varied configura-
tions were analyzed. All of the configurations are of fairly high 
aspect ratio so that the strip boundary-layer assumptions are 
expected to be valid. Because the experimental data were taken at 
relatively low Mach numbers (less than 0.3) for which compressibi-
lity effects are slight, the program calculations were done for 
incompressible flow (M = 0). Also, the boundary-layer charac-
teristics were computed directly from the inviscid solution, as in 
reference 1, with no further iteration between the inviscid and 
boundary-layer solutions. 
For most of the results presented, the analyses were performed 
using the available computer program of reference 1 coupled with 
the transpiration boundary-layer simulation. The surface displace-
ment simulation was not used because of the difficulties discussed 
previously associated with the analysis of a finite thickness 
trailing edge. A camber-line displacement simulation was not used 
since it requires surface lofting and subsequent recomputation of 
the aerodynamic influence matrix, thus requiring considerably more 
computer resources than the transpiration simulation. Even when 
using the transpiration method of simulation, low values of lift 
coefficient were predicted in the initial inviscid calculatio.ns for 
an airfoil section with a finite-thickness trailing edge. To over-
come this problem, all of the airfoil section thickness distribu-
tions were reduced linearly as a function of x/c to have zero 
thickness at the trailing edge. 
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During the course of the analyses presented below, several of 
the inviscid calculations using the method of reference 1 were 
checked for convergence either by repeating the analysis with a 
larger number of panels defining the surface or by using the panel 
method of reference 6. All of the inviscid calculations are not 
shown in the comparison figures below, but a summary compilation of 
the inviscid lift calculations is given in table 7. Additionally, 
the inviscid-plus-strip boundary-layer calculations made using the 
method of reference 1 for each of the comparison cases below are 
compiled in table 8. Corresponding approximate lift-loss ratios 
(k3a) which use a section lift-loss ratio computed using the method 
of reference 4 are also tabulated. 
The investigators of reference 13 calculated the boundary 
layer on an aspect-ratio-5 wing with 30 0 of sweep using experimen-
tally measured pressures as input to a three-dimensional boundary-
layer method. The computed boundary-layer characteristics were 
used to calculate transpiration simulation normal velocities which 
were used in a potential-flow analysis program. Strip boundary-
layer calculations using the method of reference 1 are compared 
with the results from reference 13 in figure 2. The boundary-layer 
parameters computed using the strip boundary-layer method are 
slightly lower than the three-dimensional boundary-layer calcula-
tions. The total lift and spanload 'calculations with the strip 
boundary-layer simulation, however, agree very closely with the 
experimental data. The lift-loss ratio calculated using the strip 
boundary layer corresponds to 6 percent while that from reference 
13 is approximately 10 percent. 
The half-span panel representation of a semispan wing for 
which experimental results are reported in reference 14 is shown in 
figure 3. Analysis results using the method of reference 1 are 
shown in figure 4. The results for the panel density shown in 
figure 3 agree very well with the experimental data in overall 
force and moment. The total lift-loss ratio at a = 6.75° is 0.056 
which is close to the approximate lift-loss ratio, k3a, of 0.043. 
A camber line displacement simulation was also used for this case, 
and the resulting boundary-layer lift loss was almost identical 
with the transpiration simulation results. The surface displace-
ment simulation of reference 1 resulted in a lift loss of 16 per-
cent, considerably more than even the two-dimensional section lift 
loss. 
Inviscid calculations were made with double the number of 
spanwise panels, and the resulting spanload is shown in figure 
4(b). The effect of doubling the spanwise panel number is to. 
reduce the spanload, principally at the outboard sections, so that 
the inviscid spanload outboard of ~ = 0;85 is below the experimen-
tal data. The tip vortex separation ahead of the trailing edge 
causes a local increase in spanload near the tip which is not 
accounted for in the potential-flow method. Additionally, the 
limited size of the reflection plane used in the experiment may be 
causing some difference at the inboard end. 
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Results using the panel method of reference 6 and the two-
dimensional boundary-layer method of reference 4 are shown in 
figure 5. The inviscid lift is 4 percent lower than that predicted 
by the method of reference 1, being caused by a lower spanload out-
board such as obtained by doubling the number of spanwise panels in 
the method of reference 1. However, the total boundary-layer lift 
loss ratio is nearly the same. The results in figure 5 show 
clearly the underestimation of the spanload at the tip and the sub-
sequent underprediction of total lift. 
The full-span panel representation of a wing-body for which 
experimental data are available from references 15 and 16 is pre-
sented in figure 6. Both the experimental and the analysis results 
using the method of reference 1 are shown in figure 7. The pre-
dicted effect of the boundary layer is very slight; the lift-curve 
slope even with the transpiration boundary-layer simulation is much 
higher than the experimental data. However, the predicted chord-
wise pressure distribution agrees very well with the experimental 
data; the agreement is much more than the total lift comparison 
would indicate. No boundary-layer and/or separation effects on 
bodies were modeled in any of the results presented in this report, 
which may be the cause of these differences between theory and 
experiment. 
The full-span panel representation of the Advanced Technology 
Light Twin (ATLIT) wing-body-nacelle configuration is shown in 
figure 8. Experimental results from reference 17 and analysis 
results using the method of reference 1 for the wing-alone 
configuration are shown in figure 9. The total lift and moment 
predictions agree very closely with the experimental data up to a 
lift coefficient of 0.7 beyond which trailing-edge separation 
effects (which are not modeled) become evident. 
Comparisons of theoretical with experimental results for the 
wing-body-nacelle configuration are presented in figure 10. The 
experimental data are from recent tests in the Langley full-scale 
tunnel facility (ref. 18); the total force and moment data are from 
balance readings and the spanwise loads are obtained from pressure 
integrations. The experimental pressures and spanloads are for the 
wing-body-nacelle configuraton with propellers stopped and with the 
aircraft as built. A series of modifications were made to the con-
figuration during the wind-tunnel tests to reduce the drag; lift 
and moment tail-off data for this fully clean version estimated 
from tail-on data are shown in figure 10{a). The fully clean data 
agrees more closely with the theoretical predictions. The analysis 
method overpredicts the experimental lift although the stabil,ity 
parameter acm/acL and the spanwise variation of the load are pre-
dicted reasonably well. The experimental load on the nacelle is 
low because it represents an integration over only the forward por-
tion. The predicted total lift loss ratio at a = 4.0 is 0.6 which 
is about half of the two-dimensional lift loss (0.12) expected for 
this high-aspect-ratio wing. 
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Experimental results from reference 19 and analysis results 
using the method of reference 1 are shown in figure 11 for a wing-
body similar to that of the ATLIT. The theoretical results agree 
reasonably well with the experimental data and the computed lift-
loss ratio is close to the approximate lift loss ratio (table 8). 
The full-span panel representation of the aspect-ratio-IO 
Energy Efficient Transport (EET) wing-body configuration tested in 
the Langley V/STOL tunnel (ref. 20) is shown in figure 12. A com-
parison of the analysis results with the experimental data are 
shown in figure 13. The force and moment results agree with the 
experimental data although there is a significant zero lift 
pitching-moment difference. The chordwise pressure distributions 
are predicted quite well except on the lower surface. Because of 
the strong favorable pressure gradient at the lower trailing-edge 
surface for this supercritical airfoil, the boundary layer computed 
on the single iteration of the result presented is probably lower 
than that which would be predicted by successive iterations and may 
be the cause of the disagreement. The predicted effect of the 
boundary layet on the lift agrees reasonably well with the approxi-
mate lift loss based on the two-dimensional section characteristics. 
An aspect-ratio-IO configuration obtained by adding tip exten-
sions and a horizontal tail is shown" in figure 14 and the analysis 
and experimental results are shown in figure 15. The effect of the 
horizontal tail on the lift and pitching-moment slope is well pre-
dicted. The agreement in zero lift pitching moment may be somewhat 
fortuitous because of the zero lift moment disagreement shown in 
figure 13 for the tail-off configuration. The predicted and 
experimental chordwise pressures on the wing are very similar to 
those on the aspect-ratio-IO configuration. 
CONCLUDING REMARKS 
The results of coupling different strip boundary-layer 
simulations with inviscid surface panel methods indicate either a 
transpiration or camber-line displacement simulation predicts 
boundary-layer effects generally in accordance with expected 
results. The transpiration simulation is, of course, preferred 
since the geometry remains unchanged and the aerodynamic influence 
matrix need not be recomputed. The surface-displacement simulation 
gives rise to a finite-thickness trailing edge for which incon-
sistent results were obtained; an improved treatment probably 
requires incorporation of a separated base-flow trailing-edge 
model. Correlation with the experimental data has indicated mixed 
results. The predicted lift loss, however, agrees reasonably "well 
with an approximate lift loss based on correcting the inviscid lift 
using the two-dimensional airfoil section characteristics. The 
pressures on the wing surfaces and the effects of the boundary 
layer on the pressures generally seem to be predicted with reaso-
nable accuracy. 
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Table 1 
Comparisons of Inviscid Calculations for NACA 0012 Airfoil at a = 5.00 
Trailing Edge Low Order Higher Order Finite 
Half Thickness/ Source Source Difference 
Airfoil Panels Chord Method Method Method 
(ReL 1) (Ref. 7) (Ref. 8) 
c1 cl cl 
NACA 0012 40 0.001'26 0.553 0.569 --
as defined 70 .00126 .549 .571 --
98 .00126 .548 .576 0.602 
NACA 0012 40 0 .596 .596 --
modified 70 0 .599 .598 --
98 0 .600 .599 .603 
15 
Table 2 
Comparison of Inviscid Calculations for LS(1)-0417 Airfoil at ex = 00 
Trailing Edge Low Order Higher Order Finite 
Half Thickness/ Source Source Difference 
Airfoi 1 Panels Chord Method Method Method 
(Ref. 1) (Ref. 7) (Ref. 8) 
c1 c1 c1 
LS( 1)-0417 74 0.00355 0.494 0.438 0.569 
as defined 
LS( 1)-0417 74 0 .556 .539 .569 
modified 
16 
Panel 
Edge 
1 
t' 
3 
4 
5 
6 
7 
8 
9 
10 
11 
12 
13 
14 
15 
16 
17 
18 
19 
20 
21 
22 
23 
24 
2S 
2f. 
27 
2R 
2Cl 
10 
31 
:It' 
13 
34 
Table 3 
Airfoil Coordinates and Inviscid/Boundary-Layer Calculations From Method of 
Reference 4 for Thinned Version of NACA 0012 Airfoil; 
a = 50; RN = 3.0 x 106; cR..P = 0.604 
x/c 
1.0(10nO 
.9Poon 
.9r::.7f,P 
.91~3c 
.R734Q 
.83071 
.78f.Cl3 
.743P7 
.70051 
.f.S77Q 
.616~0 
.57461 
.53456 
.49f,OS 
.45834 
.421"3 
.3861? 
.3"164 
.31R43 
.2 R644 
.?551'" 
.2253? 
.19663 
.16911 
.142 Rf, 
.1179f 
.0941'7 
.0731 P 
.053c p 
• ('::-6::-f, 
.1'2173 
.010?0 
.(\O?7? 
O.(1(1fl()(' 
Lower surface 
z/c 
o.rC1(10.n 
-.OO?7A 
-.00CP4 
-.fl} 14fl 
-.01"'6:\ 
-.0217? 
-.0?f.",7 
-.0.3130 
-.fl3t::71 
-.0307Q 
-.0434Q 
-.04fQ4 
-.049<;6 
-.(I"?t::f, 
-.056.70 
-.05ff~ 
-.o cp n3 
-.O~QOl 
-.050c 4 
-.Osof1 
-.05 C ?1 
-.OSP33 
-.05f-0 4 
-.05""00 
-.()5?"1 
-.04044 
-.(14579 
-.041""0 
-.03fC,4 
-.03(\00 
-.0?44 0 
-.017?f 
-.one(1o 
0.000'10 
• 
f 
U/Uar 
.q"C;~'1 
.;.>q (1(1(1 
.QlC1?n 
.04143 
.0r:;Af? 
• 97 n?(I· 
.C7Qn? 
.qD,(,"'Il 
.qQ?<O 
.Q07]t:: 
l.on""c: 
1.005?0 
1.0fl O".'] 
1.0In o !-
J.Ol?"1 
1 • n 1:14? 
l. n 1143 
1.n]?<, 
1.f)007< 
1.00""44 
.C:Q~4'" 
.0':1l14 
.07qf? 
.0f.. 4 1t:: 
.04?".? 
.QI6(,< 
.PQ()47 
.Pl"4":l 
.7t::QI'-< 
• (,t:;;H;? 
.470""0 
• 17"'1?'<> 
.3 7 t::?<:. 
] .11 t:: 7 n 
o*lc 
.O(1"'1f..(1 
.003?r. 
.OO?Q4 
.OP?S? 
.O(1??P 
.OO?H 
.M']gt:: 
.(101)-1 
.()Olf-C, 
• (1 (\ 1 ",7 
.()014<; 
.0(11<4 
o,Q.!) 1]4 
• (I (11 ] 4 
.0PIOt:: 
.()00.of. 
.0(10P7 
.(\r07l; 
.(10n7? 
.()Pf)I','" 
.(1nOf.1 
.fiOOS7 
.OOOSI 
.00043 
.(10n'" 
.0on?C 
.rro?? 
.OO!qf 
.rr,ooq 
.00(112 
.00(1J(1 
.fl(1n(17 
.000()1-
.ooon'" 
.ol'?~ 
.(107Fc 
.(107](' 
.00443 
.1)(',144 
.OO(,q] 
.OI)?Rf, 
.0(1?4P 
• (lO?t::q 
.001'73 
.ne)?,,? 
.1)0('40 
_!.. 0_'1 ::>_'" 1+ __ 
.0(1?36 
.OO?45 
.nn?'37 
.OO?3!'i 
.Ilr.?]q 
.(1f)?30 
.on140 
• () 01'5 0 
.f)(1??7 
.n030? 
.OO?~4 
.OO?Q4 
.O'l"'lOf-
.()O?7P 
.00'I Q 
_.nn(l",t::. 
.011190 
.(l0?6": 
• (lO?I',S 
• o r)<'i 0 
.(10442 
Panel 
Edge 
1'i 
31', 
37 
38 
19 
40 
41 
42 
4~ 
44 
45 
46 
47 
-~p 
4Cl 
50 
51 
5;;> 
'53 
54 
'5~ 
Sf, 
57 
SF 
C:;C; 
60 
f.1 
6? 
6"'1 
64 
65 
6f. 
67 
x/c 
.(10?7? 
.010?C 
.r?17~ 
.03"'",!6 
• 0t::3r::P 
.0731F< 
.!'04f.7 
.1179f. 
.142P6 
.1f.qIl 
.1 0 6f-. 
• (,1'''''3? 
.?C;"'11', 
.?81'::44 
.31P43 
.3"]f-4 
.:'1Pf]? 
.4('1"'3 
.4 c P"'I4 
.401;05 
.'i34.<;f-
.c74fl 
.rlf-30 
.6577 0 
.700"1 
.743P7 
.7Pf,C)3 
.83071 
.P734° 
.01"1t:: 
.qt::76£< 
.qpooo 
1.01'000 
*Value given at panel edge i corresponds to value at midpoint of panel between 
edges i and i + 1 
Upper surface 
z/c 
.Oocoo 
.('17?f 
.0?4"-C 
.fl3nQ(l 
.03f-t::4 
.(4)<:;(1 
.0"-"70 
.(14 Q 44 
.05?C:] 
• OS"" r' 0 
.0""61:4 
.OSP:'13 
.OSC,?1 
• (15 0 " J. 
.05 CI""4 
.05 0 (11 
.nt::p(I< 
.(151''''3 
.OS470 
.I)"?t::f 
.'l4C)CF 
.04f04 
.0434C) 
.03 0 70 
.03t::7) 
.(llDn 
• (1?I-f 7 
.r?17? 
.nlf-~:1 
.0114(1 
.00t::P6. 
.00?7P 
0.000(1(' 
U/U"" 
J • f? <:If., '" 
J. 747P~ 
1. 7 0 4 1"-
1.."'41'[\f.. 
1.";>?7".) 
1."'34>'? 
1.4C?4 7 t:: 
1.4"(ln? 
1.4?0"'7 
1. 4()?4 J 
1 •• 7 741 
1.3::;:'1C:? 
1.331.0 
1.3(,OQ(. 
1.?"0"'1 
1.?IiOP7 
1.?"O"'1) 
1.1'3144 
1.?1?OG 
1.1<;47? 
1.17f..7? 
1.1"Q""? 
1.1 4 0(-" 
1.1??"(' 
1.1(14.1? 
1.r.l<c(1f.. 
1.0"'4",0 
1.(14?'1" 
1.1)17·? 
.QR"'1 7 
.q<t::?4 
.Qn4(11' 
.0 f .. c::., 0 
o*lc 
.I'(jf'nr 
.n(,on~· 
.0(1n1? 
.(10(11'" 
• (I n (1) 3 
.00(11'4 
.fln03"' 
.(1)(14f. 
.0()(1t::2 
.0(lOf-0 
.01'07(1 
.(1(1n>O(l 
.onno? 
• (II) 1 (1 ".) 
.n(1}1" 
.1'(11?q 
.nn)4< 
.nr1<;7 
.(1(1173 
• (I('}I'<o 
• (l (I? (l!-
.(10??" 
.0(1;>44 
• o <,?f..". 
.nO?pF-
.n(l313 
.003"-1 
• ,) (1 <7 4 
• (, (14 1 r 
.nn477 
.Ofl&,0f-
.(1(17?0 
• (1(' Qpt: 
• (I (1-: 7 p 
.(I(147~ 
• o (1".)",? 
-.On::-l:: 
• (11'''f)4 
.()C17n7 
.(1n"'3(' 
.n(\?Of 
.[)037? 
.(\1)44= 
.(l0414 
.00475 
.n(1<qf' 
.'1 n 4t::C; 
• n r,4? F' 
.(1(1435 
.(1n40c, 
.fl044P 
.n'l4?:.'1 
.004::-0 
.1)C14t;t:: 
.004?2 
.0(14f,O 
.r.047P 
.n(140f. 
.(11'''41 
• I) I. f 1 ? 
."'077c:. 
• I' 11 14 
.n??c.7 
.(1<7·4 
.0t:IiOJ 
n.r.nnrr: 
..... 
00 
Table 4 
Airfoil Coordinates Used in.Surface Displacement/Camber Line Displacement 
Simulations for Thinned Verslon of NACA 0012; RN = 3.0 x 106; c~,p = 0.604 
Lower surface 
Panel 
Edge 
x/c (z/c)* 
I I.oonno -. (1 (l3(·? 
? .eproo -.or .... n0. 
3 .0f,000 -.ooac::.? 
4 .91~O(' -.013P~ 
5 .P7177 -.n}ppC 
f, .p2n9~ -.O?1J:<1 
7 .7P714 -.O?Qf] 
P • "744Of~ 
-.0331n 
9 .70061=1 -.(l3710 
10 .f,C:;793 -.n41~C:: 
11 .~]"4? -.n44Q:< 
I? _~ ~74 7? -.04 P ?P 
13 .~346C; -.Ot;1;::O 
14 .40f.l? -.Ot:;"J70 
15 .4C::PI.O -.OC::C::04 
l~ .4?1t;7 -.OC::7C:Q 
17 .?PFI]t; -.Ot:.ACn 
l~ .?~lfi6 -.Ot:;opo 
lq .31R44 
-.Of."?!' 
20 .?P~44 -.OFlO?~ 
?I .?C::C::1t: -.nc::qp? 
?? .??t:;30 -.OC::PQ(, 
~3 .1of,A(' -.n~74t:. 
24 .]f- o n7 -.0C::C::43 
:?S .1"?P? -.ns;::;:7 
2" .JJ70? -.040 7 1 
~7 .004n" -.04f.r.] 
2P. .07314 -.041f.f. 
?9 • (lC::"lS') 
-.03I=-f3 
~o . .03f,3? -.0:<1 (11 
31 .0?1~P -.O?/~C::P 
1? .nIO?~ -.rI711 
31 .OO?!=-7 
-.0001? 
34 -.oronS O.(l('()OO 
(z/c)** 
.oo?(-,) 
.Of\r11 f) 
-.()C?S4 
-.f)OP1C:; 
-.nI34t:; 
-.1'11 Rn3 
-.fl?37(' 
-.n?A4f 
-.O~11J"J 
-.1l17?t:; 
-.0410 Q 
-.04470 
-.()47.P7 
-.1''')061 
-.nS?Qp 
-.O")4'H: 
-.OC;~4q 
-.11,,)7f.) 
_.nc::C!?p 
-.(lC:: R4 P 
-.r,CiA?] 
-.()t:.71:0 
-.ot;(-,?? 
-.()S43 P 
-.rC:loP 
-.n4Poc; 
-.(l4C::4? 
-.041?O 
-.Olf,?Q 
- • I) '1 07'~ 
-.n?4{~4 
-.r117?C:: 
-.O()O]O 
n.oO(l()(1 
Upper surface 
Panel 
Edge 
(x/c) (z/c)* 
1t:; .O(l?f7 
36 .0}0;>4 
17 .O?If,7 
3,C!, .03(,10 
19 .OI:'C::4 
40 .07313 
41 .094f,1 
4? .1l7QO 
43 .14?C!O 
44 .]6 9 06 
4C:: .]96C:;0 
4f .??C)?O 
47 .?5514 
4A .?A(-'43 
4 0 .31 P 44 
C:;O .31:1f;7 
')1 .3Pf,17 
C:;l' ."?lnO 
53 .4C:: P 43 
S4 .4 0 f17 
r:;t:; .1:3471 
5f, .c:.7"7 0 
S7 .flAS1 
'3,0 .f.C::P03 
t:;o .70('79 
6" .744?" 
~1 .7P7~() 
~? .P?114 
~3 .P73 9 9 
~4 .ol(-,nn 
65 .q(.ono 
f,6 .opnoo 
(:17 1.nnonO 
./)('91" 
.0}7-? 
.n?4~() 
.0'31(11: 
.03(-'(-'1'-. 
.(14J73 
.0""J3 
.0400(' 
• ()c::<n3 
.ot;t:;(-'n 
.O~7~4 
.05 0 13 
.06013 
.0~()"4 
.0(-.(17(1 
.06(11(' 
.0C::°4f 
.OC;P?r. 
.0t;1=-C::? 
• f1 c:; (~4 c:, 
.05;>01 
.f14°1 P 
.04C:,O? 
.()4?"? 
• ('3°c:,,c 
.(344) 
.030nf 
.O?t:;44 
.0?()7(-. 
.nlf-11 
.01170 
.OOqC'Q 
.oopa? 
*Surface displacement simulation airfoil coordinates 
**Camber line displacement simulation airfoil coordinates 
(z/c)** 
• nnO] (J 
.017?~ 
.""?44~ 
.03(1°? 
• ()3(-.::l3 
.n41?~ 
.04C;C;5 
.04Q1f. 
.0C;"14 
.OC)4t:;4 
.OC;f,41 
.O~773 
.f1C)Pt:;4 
• ('t;APf. 
.05A7? 
.nC:;A}1 
.Ot;7n,-:: 
.nc:;c:;c:.7 
• ()t)3f,f 
.nC)11(. 
.04Af~ 
.n4C::f,(1 
.04?nP 
.01P11 
.O::l4?1 
.()?q7~ 
.O?C::1t, 
.()?n?n 
.()}t:;31 
.")04? 
.('n~7? 
.~I1<K~ 
.on?f.l 
Table 5 
Comparisons of Boundary-Layer Simulations for Thinned Version of 
NACA 0012 Airfoil Using Boundary-Layer Parameters From the 
Method of Reference 4; RN = 3.0 x 10 6 
Inviscid + Boundary Layer 
Inviscid r~-----------r-------------Transpiration Camber-Line Surface 
Simulation Displacement Displacement 
~----------------1--------- Simulation Simulation -cl~;----k2-- -----~.;:------ ----~.;:-------Method a . cJ , p cl, v k2 cl,v k2 
, f---------- ------1--------- ------ ------ ------- ------ ------ -------
Low order 5.05 0.604 0.558 0.08 0.532 0.12 0.483 0.20 
source 
(ref. 5) 
Higher 5.06 .604 .563 .07 .550 .09 .544 • 10 
order 
source 
(ref. 7) 
Finite 5.01 .604 -- -- .536 .11 .536 .11 
differenc 
(ref. 8) 
Modified 5.00 .604 -- -- .545 . 10 -- --
Oeller 
(ref. 4) 
---------- -------------- ------~------------ ------'------1-------
19 
Table 6 
Comparison of Three-Dimensional Lift Coefficient Predictions 
Inviscid Flow and With Several Strip Boundary-Layer 
Simulations for the Wing Tested in Reference 11 
a = 8.23°, RN = 18 x 10 6 , CL,exp = 0.41, k2 = 0.05, k3a = 0.02 
Inviscid + Inviscid + Inviscid + 
Inviscid Transpiration Surface Camber-Line 
Flow Simulation Displacement Displacement 
Simulation . S i mu 1 a t ion 
--c1:~p-- --c1:-; --k3---f------ ------ I------..;.~----- ----------------CL v . k3 CL,v k3 Method , , 
0.458 0.449 0.019 0.405 O. 116 ----- ----- Ref. 1 
.46 .45 .02 ----- ----- ----- ----- Ref. 2 
.455 .415 .087 ----- ----- ----- ----- Ref. 3 
.458 .453 .012 .402 • 122 .452 0.013 Inviscid method 
of ref. 5 + BL 
method of ref. 4 
.432 .426 .014 ----- ----- ----- ----- Inviscid method 
of ref. 6 + BL 
method of ref. 4 
20 
Table 7 
Summary of Inviscid-Lift Calculations 
Configuration 
AR=5 semispan wing 
(fig. 2) 
No. of Panels Method 
30xl2 ref. 5 -0.123 
30x7 ref. 6 - • 124 
0.072 
.071 
--------------------~---------------~-------~-------- ---------
AR=6 semispan wing 
(fig. 3) 
40x8 
40xl6 
40x9 
ref. 5 
re f. 5 
re f. 6 
o 
o 
o 
.080 
.078 
.077 
~-------------------~-------------------------------- ---------
ATLIT semispan wing 
(fig. 8) 
50xlO 
50x20 
50xll 
ref. 5 
re f. 5 
ref. 6 
.453 
.450 
.473 
.098 
.097 
.096 
~-------------------r------------------------------------------
AR=5 wing-body 
(fig. 6) 
30x9-176 ref. 5 - .055 .090 
------------------------------------~------- -------- ---------
AR=9 wing-body 
(fig. II) 
50x9-176 re f. 5 .413 .098 
~-------------------r-----------------------~-------- ---------
AR=IO wing-body 
(fig. 12) 
40x7-198 
40x14-198 
ref. 5 
ref. 5 
.371 
.364 
.105 
.103 
------------------------------------~-------~-------- ---------
ATLIT wing-body-
nacelle (fig. 8) 
50x8-160-192 re f. 5 .464 .106 
--------------------~----------------------- -------- ---------
AR=12 wing-body-
tail (fig. 14) 
40x8-258-36x3 ref. 5 .326 . 12.4 
*Wing or tail surface panel numbers given as chordwise 
number x spanwise number 
21 
. 
Table 8 
Comparison of Computed Three-Dimensional Lift-Loss Ratio (k3) 
With An Approximate Lift-Loss Ratio (k3a) 
Configuration Streamwise RNXl0- 6 CL,p CL,v* (k3)* k3a 
AR=3 semi span NACA 64A010l 18 .457 .449 .02 .02 
wing (f ig. 1) to c/4 4 .457 .444 .03 .03 
'--------------- r------------- -------- ---- r----- ----- ----
AR=5 semispan NACA 0012-64 1.4 .307 287 .06 .07 
wing (f ig. 2 ) 
--------------- r------------- -------- ---- ----- ----- ---
AR=6 semi span NACA 0012 3.2 .539 .509 .06 .04 
wing (f ig. 3 ) 
---------------
------------- f--------- f----- ----- ------ ---
ATLIT semi span LS (I) -0417 1.0 .453 .384 
· 16 · 17 
wing (f ig. 8) 1.0 .847 .778 .08 • 13 
r-------------- -------------- --------- ---- ----- ----- ---
AR=5 wing-body NACA 63AOI0 1.1 .305 .297 .03 .04 
(f ig. 6) .665 .641 .04 .05 
1---------------r------------- -------- ---- ----- ----- ---
AR=9 wing-body LS (I) -0417 1.5 .413 .347 
· 16 · 17 ( fig. II) .805 .757 .06 
· 13 
1---------------
--------------r-------- r---- ----- ----- ---
AR=10 wing- Supercritical 1.4 .371 .315 
· 15 · 19 
body (f ig. 12) 1.4 .814 .749 .08 
· 11 
---------------1-------------- -------- ---- ----- r----- ---
ATLIT wing- LS (I) -0417 3.5 .464 .416 .11 
· 15 
body-nacelle 3.5 .890 .838 .06 .11 
(f ig. 8) 
*Computed using the computer program of reference 1 
**Computed using the computer program of reference 4 
22 
k2** 
.04 
.07 
------
.12 
------
.06 
------
.21 
· 16 
------
.05 
.06 
------
.22 
· 17 
------
.22 
· 12 
------
· 17 
.12 
p 
o 
-2.0 (] 
I 
-1.0 
o 
I 
I 
\ 
A = 45°· A. = 0 5· 64AOlO section 1 to cl4; AR - 3.0; cf4 ' • , A44;....'--,~-=-~=::~ 
(8 spanwise x 30 chordwise panels (half-span)) 
A/ //0-
1/ - 0.55; 30 chordwise panels; 8 spanwise panels (half span) 
\ 
CO: 
.2 
Reference 5 .48 Chordwise panels 
Reference 6 6 
o Experiment (M-0.30; RN-18xl0 ) 0 30 
0 50 
.46 
- Reference 5 
.44 
--9 ---- - - - -CL t Ref:nce 6 --====----- -c ---L ~ .42 
- Experimental lift coefficient (ref. 11) 
.40 (M - 0.30; RN - 18 x 106) 
.4 .6 .8 
xfc 
1.0 o • 05 • 10 • 15 • 20 
[No. of spanwise panels (half-spanll-1 
Figure 10 - Convergence characteristics and comparisons of inviscid calculations with experiment of 
reference 11; M - 0; a - 8.230 • 
.25 
AR = 50 0 
Ac/4 = 300 
A = 1. 0 
r --00 
NACA 0012-64 section 
360 panels (half-span) 
(a) Top view of half-span panel representation of semispan wing 
Figu re 2 . - Comparison of inviscid with strip boundary calculations of reference 1 
to inviscid with 3-D boundary-layer calculations of reference 13. 
.008 
Upper surface----
.006 
TJ = 0.46 
.004 
.002 
Lower surface 
OL--~-~--~-~-~ 
.06 
.04 
.02 
o ~.-~---~_~ ___ ~ __ ~ 
o .2 .4 .6 
x/c 
.8 l.0 
.004 
Reference 13 
Reference 1 
= 
Upper surface x/c = 0.39 
-
OL----L--~ ____ ~ __ ~ ____ ~ __ ~ __ ~ 
.008 
Upper su rface x/c = 0.79 
.004 
• 002!=-_~-__:b;-____I:::_::__-~-__I:=_-~=__~ 
• 20 • 24 • 28 • 32 • 36 
TJ 
(b) Comparison of boundary-layer simulation parameter,f a • 60; RN • 1.4 X 106 
Figu re 20 - Continued. 
.5 
.4 
.3 
c, 
-, 
.2 
• 1 
0 
a 
CL CL 
031 -- Inviscid (ref. 1) 
.32 - I nviscid (ref. 13) 
.29 -- - Inviscid + 3-D BL (ref. 13) 029 - - - I nviscid + strip BL (ref. 1) 
.28 0 Experiment (ref. 13) .28 0 Experiment (ref. 13) 
- ---
o El--
El- - -El 
.2 .4 
TJ 
.6 .8 1.0 a .2 .4 .6 
(c) Total lift and span load comparisons; a ~ 60; RN • 104 x 106 
Figu re 2. - Concludedo 
TJ 
.8 1.0 
AR ...•..• 6.0 
Ac/4 ••••• 00 
X ••••• •• 1.0 
r .. . . . .. 00 
xMC. • • • •• Oc 
NACA 0012 section 
320 panels (half span) 
Figure 3.- Top view of half-span panel representation of wing tested in reference 14. 
Inviscid 
Inviscid + strip BL 
() Experiment (ref. 14) 
reI tr;:' ~ f";~~:? 
:*~ 
imc~ 
.. ::i ::: .... .. :: •. >;: .::~ :~~m~ L ~~~ .::~ ~::: ~~: •• ~~~ :~~~~.: :~:.: •• : •••• : 
.2 ~~~~~,~,r_~,,~~~'~.~l~:+: ,~: •• ~:~.~~~~r:~::,+:;~~;;~.~.:~;:E~~.::+::~::~~.~.:~::E~~:::+:~~:t~;~~:;~~~E:*'.~:f~::~~:~ ••~.cr:~.:+:_~::.~: 
: rf: i;' " " ::~ ::. ~i.: :~E :-::T::' i •• ,.- . ' 
::: ::::::: ':,: 
O V:,' , L,,; ~,·.';I·'.; '" ."', l: :1" j _::~ ::~ :.::: : Ii: :--:-;: ::-: ; • H" ::.: ::t: ::: .. 
048 12 -.4 .4 
a, deg 
(a) Total lift and pitching moment characteristics 
Figure 4.- Comparisons with experiment of wing-alone results using the method of reference 1. 
M = 0.1 ; RN = 3.2 x 106. 
- Inviscid 
_. - Inviscid (double spanwise panel number) 
---Inviscid + strip~~ 
. () Experlment (ref. 14) 
... 
_._ ..... 
• 3 .... :.:!::.. : :::: ::.: :::t I::: :: :1::;: '::1 :::: r::: ::;: ::-:1 :~:, :::~ ;;:: 1;1: :::1 ;;:-( ::: t:I:: :Fl ::: :-:.4 . : I:::'.:. ~;,:.2.;~:. :.3~.·.: H::. fr·t.~:-£ =.n :,':;-:. ::;",:.~.,~ ~:r '.'~.'.: .
.. . . ::: :+:: :-:: ;:--:: t-::~: :::: :.:: :-:: :::: :~:l :-:-~-: :::: :;-:-: ;:-:--- +:-1 ..-1-. ~-- ±!-~: t 11 :.:~ _ , . " ~.;. .•.. ~ .... _ '" ._-I-~ ~_, ._ __ ,~ T_ 
a ~~~~~~~.~i~'~~~~~~"~·~~~~~I_:~ __ ~_"~'~'~'~:·~'~'~'~"~--~·~·_"~·~'~'~~:~:~:~if~!~::~·:~:~::~~·~,~·:_:~'~::_=~::~~~:~:~::~~_~~:'~~_'~'~:~::_:~:~::~:~:_"~~~'~'~~~~~ 
a .1 .2 .3 .4 .5 .6 
T} 
(b) Spanwise load variation 9 a = 6.750 
Figure 4.- Continued. 
.7 .8 .9 1.0 
~::: i:: .",. ., ':"Ii: ..... 
. :.: t::: I P . ;: 1: 
: ::::Ii::' ::i:· 
...... 1::: .... 
l::::-c ~;: r,: T +T 
-.2~>: 
-1 .. :p:.: ..... . 
oF-r 
-- Inviscid 
- - - Invi sci d + strip BL 
o Experiment (ref. 14) 
.~ 
1 ., 
. . -- ..,. .... - .-.. . 
-. --.- ... . 
-''''' -+--+..- -_.- •.• •• ,._- t o .- •••• 
- . . . .... . ... , .. ,. 
6" 1:: .:. 
. ~.j.J-..• r2;-...•.. +. --+---+--+--+----+--+ --:+--+---+:-:-:+C-:-. ,,+ ..-+--,-:-" t:-:: -:-:-1' ~:-::"+' '-:-:±~-+-:-' :-:1" ~ .. ':ct' :-:-:-' ~+=~f----'-t'.:.c.;" '.:t' ~=+--'-:-t-'-I" -:-.,-" ':ct' :-;-:'''±' -:-:+.,-:-+-!, -i 
I' ! : : :i: :::: tie: ii:: ::1 . :~:: :::: .. ::  .!.: :::: i iJ::: 
. "-:-1-:-:-( :-+---+---+--+--1-:_' t-' +-+--t----t-:-:-+:-:+-:-'+.:.:.:..rr-'-:-.E:-:-~~:7:_+_'_:_±~_+_'_:_:_f+__c_+~~~4=~+:.:.:..;: +".~:c:.:: F:':""':':: r: .:.1.1:: r'-'-': 1..-j' --:+":-:-l ~ • J . . i . . t::· .... .. .. :;:: ~:.;.,:. ::il ~::~ 1::: ... '1" ........ : : \ .... '1 1.0 j I . I .:1 t .. :::"" .• :::: ::i;~j :::: r::'" ..... : ;::: :::: :::! :::~ ~~: i '1:::. : 
a .1 .2 .3 .4 .5 .6 .7 .8 .9 
x/c 
(c) Chordwise oressure distribution.a = 6.750; ~ = 0.48 
Figure 4.- Concluded. 
1.0 
.8 
-- Inviscid 
- - - Invi sci d + strip BL () Experiment (ref. 14} 
• h:c --:~E 
.. ,.. .. c: ::;": ::-~ 
::-- =-u.: :-:i: . -~-+ 
(a) Total lift and pitching moment characteristics 
Figure 5.- Comparisons with experiment of'wing-alone results using the inviscid method of reference 6 
and the two-dimensional boundary layer method of reference 4. M = .1 ; RN = 3.2 x 106• 
. ~. _ :1._ 
.1 
o 
o .1 .2 .3 
Inviscid 
Inviscid + strip BL 
() Experiment (ref. 14) 
.. j 
.... r:. 
, 
.4 .5 .6 
(b) Spanwise load variation, a = 6.750 
Figure 5.- Continued. 
.-.- -:::x . 
--<I 
.7 .8 .9 1.0 
Cp 
Inviscid 
Inviscid + strip BL 
o Experiment (ref. 14) 
-2.2 iiiS: •. 1::' _,,; : :: .. :: ::.~ ;1'1'[1::; : . ip; .:;:.:1; i:ii iii ~;;f1: .:: ;:;:::: ~~ . J... t...... , ... , ... I ,~~: t: ..• , . . ., ...• , .... I •• i ...• J.. 
"~I~ 
-1.4 
-1.0 
!i ;-~U =itI :~~ fF:~~{- gu 7==: ~~~: ~ :! ~t i= ~r: giI ~~ ~~ 
T: ~:-t- t:r 1E~ - . ..-,. ~ :-Lt-+~ ~::. 
~ , .. ,.::;::.;:c ;:' -
'1' .... 
+1. 
,It c:-;tt 
:r:ti~ 
x/c 
(c) Chordwise pressure distribution,a= 6.750 , ~ = 0.48 
Figure 5.- Concluded. 
I 
! 
AR ••••••• 5.0 
Ac/4 .•.• ·6.060 
A ••••• •• 0.5 
r ..... .. 0° 
xMC •••••• 0.25c .. 
NACA 63A010 sectlon 
550 panels (half span) 
-=----= ---
~~~~=~:4,~~i;.~.~S;:~"-,,~~,,= -'-
... --_ ~_i~~-=-==~~ 
-.~ 
Figure 6.- Three-view of full-span panel representation of wing-body tested in references 15 and 16. 
- Inviscid 
- - -Inviscid + strip BL 
o Experiment (ref. 15) 
1.2., .'.I'li" ;::: I' : :: :: : i1i1: lt111il::: ::::1111::: tt!1 ,tit ;;1:1 '::: :1;; ::!1 ::1\ :::: I::; :1': ::l:'::t :::: II: H;: ., ... ', ::' ,. 
J.- !\. .. . ~t~ ,It.·· ~1! ,. f!t. -~It··.. -+_. ·t .. · "'" .:~~ .-.. ~ ......... ..-_to --'r •. " _T' r ... • .+, ........ . 
. 4 
ex, deg 
(a) Total lift and pitching moment characteristics 
Figure 7.- Comparisons with experiment of wing-body results using the method of reference 1. 
f M = 0.2; RN = 1.1 x 106. 
~; 
-.5 !t S :ct 
Cp 
u 
-: ~ + 
H 
,,....,. 
x/c 
(b) Chordwise pressure distribution,a= 4.00 , ..,., = 0.25 
Figure 7.- Continued. 
t~ ~ t t' ~ ? .. l5tl~ _::-: 
., ':' ~ fi m rm:~: 
-.5 
Cp 
0 
-it 
. ..., 
;::. i:::C 
IT 
+:c 
.5 
iF' .. 
1.0 
o 
~ ;;~ H. + 
., 
" 
. ;\+ 
·t 
;-it m it r1 
·H 
,-, 
'1 
' .. 
n eli' 
-+-;- " '-1 
1i ~ ft~ 
:::r u:tt :!: 
:t!:t ~~+-1- +-
m I§: r..;£ 
- Inviscid 
- - -Inviscid + strip BL 
o Experiment (ref. 16) 
tf ~~ fm:~, tft r :rt i:i flF +. 
H++++-ftl++++++++++H ; T rt~ 1\ h ,. <f 1 
" f~ Ih rEt H 
fH ~7 • 
't + 'I- H 
+. tft ". 1 
itt + 
:;tt~:::: m +-'- t 
b+ 
~ 
-t+ t"-t-t ... 
.5 
x/c 
.6 
~ 
.7 
..:- tf: • bet c~ 
r.::= 
c::,-::.;-
., Lsi-~": ~ .+ ,..-.-. 
.~ +F,; E . 
;-t~ ::= ~ 11· - r:=.:. 
•• +t ,- -,-,. ;c-: 
::.: ;-t::.t:-c ~ ::;:T 
...... L't t= $:i: +;:j:I:t;. l-:= 
.8 
,Crn Itt r--'" 
T:;..r 
,..,..,. ' .•.• ,;±:±-~ 
++h-+- ~ 
... r=::i: 
. :;+-t =.,. ~=~1+- :.+1- -:r 
.9 1.0 
(c) Chordwise pressure distribution,a= 4.00 , 'YJ = 0.80 
Figure 7.- Concluded. 
AR ••••••• I0.0 
~/2. •••• 00 
'A. •••••••• 0.5 
r. . . . . . . . 70 
xMC ••• ~ •• 0.25c 
NASA LS(1)-0417 section 
702 panels (half-span) 
Figure 8.- Three-view of full-span panel representation of ATLIT wing-body-nacelle. 
• 6 
- Inviscid 
- - - I nviscid + strip BL 
o Experiment (ref. 17) 
o a, deg 4 8 12 , -.1 
Figure 9. - Comparison with experiment of wing-alone results· using the 
method of reference 1; M • 0.1; RN • 1.0 x 106• 
.. 
.8 
.6 
--- Inviscid 
- - - Invi sci d + strip BL 
o Experiment (propellers stopped; aircraft as built) 
--. --Experiment (propellers off; estimated from aircraft fully 
clean tail-on data) 
1-
(a) Total lift and pitching moment characteristics 
Figure 10.- Comparisons with experiment of wing-body nacelle result using the method of reference 1. 
M = 0.1 ; RN = 3.5 x 106• 
,e...... -., 
+~ 
Inviscid 
o 
Inviscid + strip BL 
Experiment (propellers stopped; .aircraft as built) 
(b) Spanwise load distribution,a= 4.00 
Figure 10.- Continued. 
Cp 
Inviscid 
Inviscid + strip BL 
() Experiment (propellers stopped; aircraft as built) 
x/c 
(c) Chordwise pressure distribution, a = 4.00 ,1J = 0.17 
Figure 10.- Continued. 
1.0 
Cp 
o 
-1.0 
-.5 
Inviscid 
Inviscid + strip BL 
Experiment (propellers stopped; aircraft as built) 
~::r :+: ::=-:}~~l~~ £:2 E: ; --.: =i~ ~:~:::~ 
~ :::-::t : ___ :;~ :~:: _::~~~; :~~~~: ;::f:::~~ :::: 
."! ~ ~ !+;:~ ~ =:= f~~ ~:.:~"-: .~: :.. . r:tli:: ~::: 
~ t-' .:f+i+tM-i-:.~ -:::~:-: ;::;:::;= '.-::J:::" ... ~ ~ ,'" 
.... l.~~++t;r~:= j.I ••. t •• , ~ ::::;:. • _ •• 
• ~ f!TI~~::rffiif::T. ~:~: .::: ;~;r;:: :5 ~:~~= .;~~ :;; :~~: 
. ;::1 ":::t.[~SE§ , ~ ::: ;~:: ;:~:~~ :::'~ ':: ..;.:: ~~ 
, ~mt-1-:.:; % ~iF. :::1~+=~ ~~ ir~ :~:: :~~ ~:j ;:r ;~E~ :,:: 
;~ ~;:, .:~;~clt. :-;; :::; ;::: ::::E::: :~~: ::;~ ::'::;ciE~~F~ :::: 
iii! :,: :::: :':: .:;;:;t :::; Y; I:;; ::t: :::: ::c::>: ~I'; ;:f: ::;1 :~:: ;:::I;::lt~ ~~ 1::: t ::tr 1..01ll j ................... -. ' ... 1.1, ..... t' .... , ....... ;1, ... j-l. .. lttJ.1 
o .1 .2 .3 .4 .5 .6 
(d) 
.7 
x/c 
Chordwise pressure distribution, ex ~ 4.00 , 'Y} = 0.75 
Figure 10.- Concluded. 
.8 .9 1.0 
--
-
, 
AR • 9.0 
- 00 Acl4 -
>.. = 1.0 
r '" 00 
LS(1)-0417 section 
626 panels 
I T I I I I I I I ~ T I 1 I I I I I I 1 
-===~ F""-~ 
t--
~ \010 '-:::, ~t;::-- T I 
-
(a) Th ree-view of half-span panel representation of wi ng-body 
Figure n. - Comparison with experiment of wing-bo~ result using the method . 
of referen~e 1; M • 001; RN • 1.4 x 10 II 
'" .. ~ . • I w " .. 
I , 1 r I I 
""'= 
~ 
o 
· I nviscid 
Inviscid + strip Bl 
o Experimental (ref. 19) 
4 8 12 -.2 
a, deg 
(b) Total lift and moment comparisons 
Fiqure 110 - Concluded. 
-.1 o .1 
AR •••.•.. 10.0 
Ac/4 ••••• 270 A ••..•••. 0.42 
r ........ 5.0° 
xMC •• ·.·~0.78 croot 
Supercritical section 
478 panels (half-span) 
Figure 12.- Three-view of full-span panel representation of EET wing-body configuration 
tested in reference 20. 
. .. 
Cl 
1.4i 
, , 
c I ' , c 
1.2 f 
, 
c c 
,'c 1.0 
, 
,e 
.8 t I 
'c 
.6 
.4l 
.2 :, 
t- i, c 
I L 0 
-.4 -4 0 4 8 12 16 
a, deg 
a = 4.20 ; 17 = 0.65 
c 
0 
c 
0 
Cm 
-- Inv;sc;d 
- - - Inv;sc;d + strip Bl 
o Experiment (ref. 20) 
oc 
c 
d, 
Cp 
](V-c 
~ 
.4 [ 
0 
, \ 
, 
\ 
o 
~----~----~----~~--__ I 
.75 1.0 .50 
x/c 
.25 o 
a = 4.20 ; 'Y'J = 0.27 
- -0- - - -0 ___ 
"0-_ 
c-
_ c _ _ _ -- - - _ c~ 
c- _ 
I 
.25 
o 
.25 
( 
- S-.f.~ C- ('\..0 
- - - -
I I 
.50 .75 
x/c 
a = 4.20 ; 'rJ = 0.91 
.50 
x/c 
.75 
Figure 13.- Comparison with experiment of wing-body results us~ng the method of reference 1. 
M = 0.2; RN = 1.4 x 10 • 
c , 
, 
1.0 
1.0 
AR •••..•• 12.0 
Ac/4 •• ' ••• 270 
A ••••••• • 0.33 
r ....... . 5.00 
XMC •••••• O•78 croo~ 
Supercritical sectlon 
686 panels (half-span) 
Figure 14.- Three-view of full-span panel representation of EET wing-body-tai1 
tested in reference 20. 
1.4, 
I 
1.2 ~ 
1 0 ~ . , 
.8 -
.6 -
·4 r 
i 
.2 -
c 
o ~ ,~_f -,:-1_--,:, ,----"_--::-" 
-4 0 4 8 12 
a, deg 
o .25 
\ c 
-.4 
.50 
x/c 
--Inviscid 
- - -Inviscid + strip BL 
o Experiment (ref. 20) 
Cp 
.4 
o 
o 
.75 1.0 o 
" , 
a = 4.20 ; YJ = 0.24 
.25 .50 .75 
a = 4.20 ; YJ = 0.80 
, 
0, 
c, 
00- _ 
o - -c - -0- - <5 - - -0 - - ______ _ 
o c 0 -, 
.25 .50 .75 
1.0 
c 
1.0 
Figure 15 .. - Comparison with experiment of wing-body-tail results using the method of reference 1. 
M = 0.2; RN = 1.4 x j06. 
1. Report No. 2. Government Accession No. 
'1M 80088 
4. Title and Subtitle COMPARISON OF THREE-DIMENSIONAL PANEL METHODS 
WITH STRIP BOUNDARY-LAYER SIMULATIONS TO 
EXPERIMENT 
7. Author(s) 
3. Recipient's Catalog No. 
5. Report Date 
July 1979 
6. Performing Organization Code 
8. Performing Organization Report No. 
Scott O. Kjelgaard and James L. Thomas 
~ ___________________________ -I 10. Work Unit No. 
9. Performing Organization Name and Address 
NASA Langley Research Center 
Hampton, VA 23665 
505-06-53-03 
11. Contract or Grant No. 
1-----------------------------\ 13. Type of Report and Period Covered Technical Memorandum 12. Sponsoring Agency Name and Address 
National Aeronautics and Space Administration 
Washington, DC 20546 14. Sponsoring Agency Code 
15. Supplementary Notes 
16. Abstract 
The resu Its f rom severa I three-'d imens i ona I sur face pane I me thods 
coupled on a streamwise strip basis to two-dimensional boundary-layer 
methods have been compared to experimental data. "Several different 
boundary-layer simulations were investigated; the results indicated 
that either a transpiration or camber-line displacement simulation 
gave comparable boundary-layer effects which converged to the expected 
two-dimensional result with increasing aspect ratio. The method was 
applied to several varied configurations for which, in'general, the 
lift predictions agreed well with an approximate method based on 
correcting the inviscid lift using the two-dimensional section viscous 
characteristics. The wing pressures and the effect of the boundary 
layer on the wing pressures were predicted accurately. 
17. Key Words (Suggested by Author(s)) 
Panel methods 
Boundary layer 
Potential flow 
Viscous simUlations 
19. Security Oassif. (of this report) 
Unclassified 
18. Distribution Statement 
20. Security Classif. (of this page) 
Unclassified 
Unclassified - Unlimited 
Subject Category 02 
21. No. of Pages 22. Price· 
49 $4.50 
• For sale by the National Technical Information Service. Springf.leld. Virginia 22161 
End of Document 
